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THE ATTITUDE AND DETERMINATION CONTROL 
SYSTEM (ADCS) FOR THE ORBITAL CALIBRATION 2 

MISSION (ORCA2) 

Luke DiStasio*, Brian Gunter† 

The Orbital Calibration 2 (OrCa2) mission is a collaboration between the Geor-

gia Institute of Technology and the Georgia Tech Research Institute aimed at 

improving space domain awareness. The 12U OrCa2 CubeSat contains an atti-

tude determination and control system (ADCS) which processes gyro, magne-

tometer, and sun sensor measurements to estimate spacecraft attitude on orbit. 

Attitude control is achieved using three custom air coil magnetorquers designed 

and built by the ADCS team. The two control modes used by the OrCa2 ADCS 

are a detumble mode to reduce angular rates upon deployment and a three-axis 

sun and beacon pointing mode, which uses a quaternion PD controller to point 

the spacecraft solar panels towards the sun and the downlink beacon antenna 

above the horizon. Attitude is estimated using a multiplicative extended Kalman 

filter (EKF). Air bearing testing of the ADCS system verified both the ability of 

the EKF to estimate attitude and the ability of the controllers to command the 

correct torques. It is estimated that full detumble from an initial deployment an-

gular rate of 10 deg/s would take approximately two orbits. 

MISSION OVERVIEW 

The Georgia Institute of Technology (Georgia Tech), in collaboration with the Georgia Tech 

Research Institute (GTRI), has developed the Orbital Calibration 2 (OrCa2) mission in an effort 

to improve space domain awareness.  OrCa2’s external panels have precise and well-

characterized reflective properties that will permit various calibration activities from ground-

based optical sensors, with the goal of improving the tracking and detection of resident space ob-

jects (RSOs).  OrCa2 is a 12U CubeSat designed, fabricated, assembled, and tested almost entire-

ly in-house using GT/GTRI facilities.  It will be regularly observed using Georgia Tech’s Space 

Object Research Telescope (GT-SORT) and additional all-sky cameras, with additional tracking 

support from the 18th SPCS and the International Laser Ranging Service (ILRS). A number of 

experiments can be conducted with these measurements, such as pose estimation, validation of 

RSO trajectory propagations with complementary ground-based laser ranging data, multi-spectral 

analysis, low-light detection algorithms, and validation of atmospheric scattering models.  

Attitude determination will be achieved using an Epson M-G364 inertial measurement unit 

(IMU), a Solar MEMS nanoSSOC-D60 two-axis digital sun sensor, and a Honeywell HMC1053 

three-axis magnetometer. Attitude control will be achieved using three orthogonal custom-built 

magnetorquers. These actuators will enable both a detumble mode and a sun pointing/beacon 

mode for solar battery charging and data downlinks. Additionally, the OrCa2 spacecraft hosts 
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experimental radiation dosimeters, an experimental software defined radio (SDR) receiver, and an 

experimental power system. Communications for OrCa2 will be conducted through an Eyestar 

half-duplex unit provided by NearSpace Launch, Inc.  This unit will enable low-bandwidth com-

munications through the Iridium satellite constellation and will also provide GPS positioning in-

formation.  OrCa2 will be deployed into a geosynchronous transfer orbit (GTO).  The Eyestar 

unit is the only transmitter on the satellite, and maintaining active communications is not a mis-

sion requirement. 

ADCS OVERVIEW AND CONFIGURATION 

 
Figure 1. OrCa2 Assembled View. 

The OrCa2 ADCS consists of a suite of sensors and a set of three custom-built magnetorquer 

actuators.  An overview of this hardware is listed in Table 1. The GPS receiver, IMU, magnetom-

eter, and magnetorquers will all be mounted internally on OrCa2, while the sun sensor will be 

mounted externally. An assembled view of the OrCa2 spacecraft is showed in Figure 1. 

Table 1. OrCa2 ADCS Hardware Component List. 

Hardware Type Hardware Manufacturer and Name Quantity 

Sensors 

GPS Receiver NearSpace Launch Eyestar 1 

Inertial Measurement Unit (IMU) Epson M-G3641 1 

Magnetometer Honeywell HMC10532 1 

Fine Sun Sensor (FSS) SolarMEMS nanoSSOC-D603 1 

Actuators Magnetorquers Custom 3 
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The lone sun sensor is mounted on the same external face as the 11 solar cells used to power 

the batteries of OrCa2, as is visible in Figure 1. This face will be controlled to point towards the 

sun in the sun pointing ADCS mode to maximize system power. The same control mode will also 

maximize the time during which the adjacent face in Figure 1containing the downlink antenna 

points above the horizon so that flight data can be retrieved from OrCa2. Calibration of the IMU 

and magnetometer will be performed prior to launch to minimize measurement error. The attitude 

control algorithm for simultaneous sun pointing and beacon pointing will be performed with the 

aid of Kalman filter-based attitude estimation. The detumble algorithm requires only magnetome-

ter measurements and magnetorquer actuation and can be performed without the Kalman filter. 

The control algorithms for OrCa2 are explained in greater detail in the control algorithms section. 

ADCS HARDWARE 

This section will provide a brief overview of the architecture and function of the ADCS hard-

ware components utilized by OrCa2. 

IMU 

The Epson M-G364 inertial measurement unit (IMU) provides both three-axis linear accelera-

tion measurements within the range of ±3 G using an accelerometer and three-axis angular veloci-

ty measurements within the range of ±100 degrees per second using a gyroscope. The IMU inter-

faces with the on-board computer (OBC) through SPI communication protocol. 1 G is defined as 

9.80665 m/s2, which is the acceleration due to gravity at the Earth’s surface. The IMU outputs 

accelerometer and gyro measurements in units of mG and degrees per second, respectively. For 

the purposes of Kalman filter attitude estimation, only the gyro measurements will be used. The 

IMU has an angular random walk parameter of 0.09 deg/hr1/2, which characterizes the time rate of 

change of the gyro bias. The bias instability is 2.5 deg/hr and the gyro noise density is 0.002 

deg/s/Hz1/2. Gyro angular rate measurements will also be used in sun/beacon pointing control. 

Magnetometer 

A three-axis Honeywell HMC1053 magnetometer will be used by OrCa2 to measure the mag-

netic field throughout its orbit. Magnetic field measurements will be used for both the detumble 

controller and attitude estimation via the Kalman filter algorithm. This magnetometer is a sensi-

tive, low field, solid-state analog sensor, the outputs of which are fed through an analog-to-digital 

converter (ADC), which interfaces with the OBC. The ADC outputs three voltages corresponding 

to the x, y, and z directions in the magnetometer reference frame. These voltages range from 0 to 

3.3 V, which is the ADC reference voltage. The magnetic field measurements are converted to the 

spacecraft’s body frame using a rotation matrix within the flight code. 

Calibration of the magnetometer is necessary to adjust the raw measurements to account for 

both a constant offset from the true magnetic field and magnetic interference caused by other sys-

tem components. The Engineering Sciences and Mechanics (ESM) building on Georgia Tech 

campus has a Helmholtz cage which can produce an artificial magnetic field. Outputs from the 

Honeywell magnetometer will be adjusted by comparing them to measurements from a second 

magnetometer at different external magnetic field values. The difference between the reference 

magnetometer and the Honeywell flight unit is a constant offset which can be added to all magne-

tometer measurements to remove bias.  

Calibration also needs to take into account interference from other electronic components in 

the avionics stack as well as the magnetorquers, which significantly change the magnetic field in 

the vicinity of the magnetometer when they are turned on. To achieve this, magnetic field meas-
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urements were collected from the magnetometer over the range of magnetorquer currents for each 

of the three magnetorquers. Using these measured offsets, a lookup table was produced to com-

pensate for the change in magnetic field when the magnetorquers are in use. This calibration pre-

vents magnetorquer actuation from altering magnetometer measurements, which would decrease 

detumble controller and attitude estimation performance. 

The magnetometer reads Earth’s magnetic field in units of Gauss, so ADC voltage values must 

be converted back into Gauss to read sensor measurements. This conversion is performed using 

Eq. (1). 

𝒃𝐺 =
𝑽𝐴𝐷𝐶 − 𝑉𝑟𝑒𝑓

𝑆𝑉𝑐𝑐𝐺
 (1) 

 

Table 2. Magnetometer Measurement Conversion Constants. 

Constant Value 

G 413 

Vref 1.65 (V) 

Vcc 3.3 (V) 

S 0.001(Gauss-1) 

 

The values for the constants used in the measurement conversion are listed in Table 2. In this 

relationship bG is the vector magnetometer magnetic field measurement in units of Gauss, while 

VADC is the is the vector of ADC voltages obtained from the magnetometer output. The magne-

tometer circuit contains three voltage amplifiers which amplify the magnetometer outputs by a 

gain of G. Vref is the reference voltage corresponding to a magnetic field of zero. Vcc is the magne-

tometer supply voltage. Voltages between zero and Vref correspond to negative magnetic field 

vector components, while voltages between Vref and Vcc correspond to positive components. S is 

the sensitivity of the magnetometer measurements which relates voltage changes to magnetic 

field changes, and it is listed in the magnetometer datasheet. 

Sun Sensor 

The SolarMEMS nanoSSOC-D60 is a two-axis sun sensor which measures both the azimuth 

and elevation of incident sun rays using four integrated silicon photodiodes. The sensor has a 

field of view defined by a view cone encompassing a range of ±60 degrees about the axis normal 

to the window through which sun rays travel into the interior and are detected by the photodiodes. 

The supply voltage to the sun sensor is 3.3 V like the magnetometer, and its measurements are 3σ 

accurate to within 0.5 degrees. This corresponds to a three-axis error standard deviation 𝜎𝑠,3𝑎 of 

approximately 0.167 degrees or a standard deviation 𝜎𝑠 of 0.0962 degrees per axis. 

Azimuth and elevation angles are output by the sensor in degrees. A unit vector s correspond-

ing to these two angles which points in the direction of the sun in the sensor reference frame can 

be computed using Eq. (2). This sun vector is transformed into the spacecraft body frame using a 

rotation matrix for use in the Kalman filter attitude estimation and sun pointing control. 

𝒔 =
1

√𝑡𝑎𝑛2(𝛼) + 𝑡𝑎𝑛2(𝛽) + 1
[
𝑡𝑎𝑛(𝛼)
𝑡𝑎𝑛(𝛽)

1

] (2) 
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Figure 2. SolarMEMS Sun Sensor Body Frame. 

Figure 2 shows the body frame of the sun sensor in which the sun direction azimuth and eleva-

tion angles are computed and in which the corresponding sun direction unit vector is based. The 

field of view requires that the sun be no more than 60 degrees away from the sensor z-axis for a 

sun vector to be measured. Because OrCa2 has only one of these sensors, it will be important to 

keep the external face housing the sun sensor and solar cells facing the sun not only for the power 

considerations of sun pointing but also to improve attitude estimation, which will rely entirely on 

gyro angular rates from the IMU and magnetometer data when sun pointing is not maintained to 

within 60 degrees. 

Magnetorquers 

Three custom magnetorquers were designed and manufactured in-house by the ADCS team 

for use on OrCa2. The magnetorquers are air coils rather than traditional cylindrical torque rods. 

The coils consist of copper wire looped around rectangular Garolite frames on each of the three 

spacecraft body axes. Running current through the wire produces a magnetic dipole moment 

which is used to exert a torque on the spacecraft in the presence of an external magnetic field. 

The theoretical magnetic dipole moment magnitude m produced by each air coil can be derived 

using the general formula in Eq. (3). 

𝑚 = 𝑛𝐼𝑆                                                                  (3) 

In this equation n is the number of loops of wire, I is the current run through the wire, and S is 

the rectangular area of each loop. Given that voltage is the product of current and resistance, the 

dipole moment magnitude can be rearranged into Eq. (4)4. 

𝑚 = 𝑛
𝑉

𝑅
𝑆 = 𝑛

𝑉

𝜎𝑛𝐶
𝑆 =

𝑉𝑆

𝜎𝐶
 (4) 
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In this relationship V is the same input voltage of 3.3 V as given to the OrCa2 sensors, σ is the 

electrical resistance per length of wire in ohms per meter, and C is the rectangular coil perimeter. 

It is worthy of note that the magnetic dipole moment based on this relation is not dependent on 

the number of coils of wire but instead on the coil area and perimeter.  

 

Figure 3. OrCa2 Support Structure and Air Coil Magnetorquer Geometry 

Based on the 12U shape of OrCa2, the best way to maximize dipole moment is by utilizing the 

maximum feasible rectangular area on each axis. Figure 3 shows how this goal is achieved by 

maximizing coil area in each axis within the support structure, which houses the avionics stack. 

 
Figure 4. Air Coil Performance Relative to Analytical Formula and Torque Rods 
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Figure 4 summarizes the comparison between the air coils manufactured for OrCa2 and the 

traditional torque rod design of a coil wrapped around a ferromagnetic core. Power consumption 

and dipole moments were measured over a range of supply voltages for both an air coil and a 

comparable torque rod designed for the TARGIT CubeSat mission. The comparison shows that 

for a given input voltage the air coils produce a slightly lower dipole moment and consume slight-

ly more power, but the difference is marginal. The measured air coil dipole moment also com-

pares favorably to the analytical estimate from Eq. (4). 

Because coil dipole moments are theoretically constrained only by input voltage, resistance 

properties of the wire, and coil geometry, the number of loops n was designed with current and 

power considerations in mind. The wire used for the air coils is 30 AWG insulated copper wire, 

which has an approximate resistance σ of 0.338496 Ohms per meter and an upper limit of current 

for power transmission (Imax) of 0.142 Amps*. From these values it is possible to back out a min-

imum number of loops nmin for each air coil using Eq. (5-7). 

𝑅𝑚𝑖𝑛 = 𝜎𝐿𝑚𝑖𝑛 =
𝑉𝑐𝑐

𝐼𝑚𝑎𝑥
 (5) 

𝐿𝑚𝑖𝑛 = 𝑛𝑚𝑖𝑛𝐶 ≥
𝑉𝑐𝑐

𝜎𝐼𝑚𝑎𝑥
 (6) 

𝑛𝑚𝑖𝑛 ≥
𝑉𝑐𝑐

𝐶𝜎𝐼𝑚𝑎𝑥
 (7) 

 

Table 3. OrCa2 Air Coil Magnetorquer Wire Loop Counts. 

Small Coil Medium Coil Large Coil 

213 200 156 

Each air coil was wrapped with enough wire to correspond to a total wire resistance of 

approximately 33.5 Ohms, which corresponds to a current of 0.0985 Amps. The number of loops 

for each coil on the flight unit is listed in Table 3. This increase above the minimum loop count 

results in a reduction of approximately 30.6% from the upper current limit, and consequently 

power consumption is reduced by this same percentage. The flight unit air coils will draw 

approximately 325 mW of power each. 

ADCS CONTROL ALGORITHMS 

The OrCa2 ADCS relies on both attitude estimation using an extended Kalman filter (EKF) 

and two separate attitude control modes for attitude adjustment. One control mode handles de-

tumbling, while the other maximizes beaconing time while maintaining sun pointing for maxi-

mum power generation. The algorithms driving each of these components are discussed separate-

ly below. 

Detumble Control 

Deployment in orbit will result in an initial, random tumbling angular velocity for the OrCa2 

CubeSat. The first task of the ADCS will be to detumble the spacecraft to remove this initial spin 

 

* https://www.powerstream.com/Wire_Size.htm 
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and bring the attitude to a steady state. The algorithm used for detumble on OrCa2 is a simple “B-

dot” controller which requires only magnetometer measurements and magnetorquer actuation. 

This choice of controller was made deliberately so that OrCa2 can detumble even if the Kalman 

filter-based attitude estimation, which requires more power and sensor data, has failed. 

The B-dot controller functions by measuring the change in magnetic field readings measured 

by the magnetometer between two consecutive time steps and actuating the magnetorquers to 

produce a dipole moment opposing this change. The change in magnetic field divided by the time 

step between measurements is denoted as 𝒃̇. To reduce the impact of magnetometer measurement 

noise on the performance of this controller, a moving average of 10 measurements is used to 

smooth the raw output data. The commanded dipole moment m is computed by the controller us-

ing Eq. (8) and Eq. (9), where k is the controller gain. This gain was adjusted experimentally to 

optimize performance at the expected random tumble rates on orbit, as discussed below in the 

testing section. 

𝒃̇ =
𝒃𝑘 − 𝒃𝑘−1

∆𝑡
 (8) 

𝒎 = −𝑘𝒃̇ (9) 

Sun Pointing and Beacon Pointing Control 

The optimal pointing scheme for OrCa2 after detumbling is to point the body axis correspond-

ing to the sun sensor and solar panel face directly in the sun-pointing direction 𝒓𝑠,𝐼. At the same 

time, the orthogonal downlink antenna boresight axis will point towards the projection of the or-

bit eccentricity vector 𝒆 onto the plane orthogonal to 𝒓𝑠,𝐼. This pointing scheme keeps the sun 

sensor and solar panels constantly normal to the sun while also maximizing downlink beacon 

time by keeping the downlink antenna pointed above the horizon.  

 
Figure 5. OrCa2 Downlink Antenna Zenith Pointing Performance. 
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The projected downlink antenna angles above the horizon for the OrCa2 mission are plotted in 

Figure 5. These results show that the pointing scheme described above successfully maintains an 

attitude with the downlink antenna pointing above the horizon for almost the entire mission, al-

lowing for data beacons through the Iridium satellite constellation. For orbital altitudes below the 

Iridium constellation, the downlink antenna maintains an average attitude of 46 degrees above the 

horizon, leaving a sizeable margin of error. 

The eccentricity vector, which points from the orbit apoapsis towards its periapsis, is comput-

ed in Eq. (11) using the angular momentum 𝒉 in Eq. (10). The standard gravitational parameter 𝜇 

of Earth is approximately 3.986×105 kg3/s2. 

𝒉 = 𝒓𝒔,𝑰 × 𝒗𝒔,𝑰                                                                    (10) 

𝒆 =
𝒗𝒔,𝑰 × 𝒉

𝜇
−

𝒓𝒔,𝑰

‖𝒓𝒔,𝑰‖
 (11) 

The projection of 𝒆 onto the plane orthogonal to the sun direction unit vector 𝒓𝑠,𝐼.is given by 

𝒛𝒑𝒓𝒐𝒋 in Eq. (12). The rotation matrix 𝑨𝒑𝒐𝒊𝒏𝒕 in Eq. (13) describes the desired attitude such that 

the spacecraft body frame aligns with the desired sun and beacon pointing directions. 

𝒛𝒑𝒓𝒐𝒋 = 𝒆 − (𝒆 ∙ 𝒓𝒔,𝑰)𝒓𝒔,𝑰                                                           (12) 

𝑨𝒑𝒐𝒊𝒏𝒕 = [(𝒛𝒑𝒓𝒐𝒋 × 𝒓𝑠,𝐼) −𝒓𝑠,𝐼 −𝒛𝒑𝒓𝒐𝒋]                                       (13) 

The sun and beacon pointing scheme is implemented on OrCa2 using a PD attitude quaternion 

feedback controller. A reference quaternion 𝒒𝑟𝑒𝑓 corresponding to the desired attitude is con-

structed at each time step using the attitude rotation matrix 𝑨𝒑𝒐𝒊𝒏𝒕 defined in Eq. (13). An error 

quaternion 𝜹𝒒 between the desired reference attitude and the current Kalman filter estimated atti-

tude 𝒒̂ is constructed using the quaternion tensor product in Eq. (14). 

𝜹𝒒 = [
𝜹𝒒1:3

𝛿𝑞4
] =  𝒒̂ ⊗ 𝒒𝑟𝑒𝑓

∗                                                (14) 

The PD control law in Eq. (15) is then used to compute a desired torque 𝝉, which is executed 

by the magnetorquers using the cross product. relationship between torque, dipole moment, and 

magnetic field vector 𝑩 in Eq. (17). 𝐽 represents the inertia tensor of the OrCa2 spacecraft. The 

sign term in the proportional part of the control law ensures that the controller takes the shorter 

route to the desired pointing attitude. 

𝝉 = −𝑘𝑝𝒔𝒊𝒈𝒏(𝛿𝑞4)𝜹𝒒1:3 − 𝑘𝑑𝝎̂ − [𝝎̂ ×]𝐽𝝎̂                                  (15) 

[𝝎̂ ×] = ⌊

𝟎 −𝝎̂𝒛 𝝎̂𝒚

𝝎̂𝒛 𝟎 −𝝎̂𝒙

−𝝎̂𝒚 𝝎̂𝒙 𝟎
⌋                                                    (16) 

𝒎 = 𝑩 × 𝝉                                                               (17) 

The proportional and derivative gains in this controller 𝑘𝑝 and 𝑘𝑑 are implemented as func-

tions of desired controller bandwidth 𝜔𝑛 and damping ratio 𝜁 as detailed in Eq. (18) and Eq. (19). 

𝑘𝑝 = 𝜔𝑛
2𝐽                                                                 (18) 

𝑘𝑑 = 2𝜁𝜔𝑛𝐽                                                               (19) 
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EXTENDED KALMAN FILTER 

Unlike the detumble mode, the sun-pointing and beaconing control mode requires knowledge 

of OrCa2’s attitude. Attitude estimation is achieved by processing magnetometer, IMU, and sun 

sensor measurements using the “mission mode” multiplicative EKF derived in section 6.2.4 of 

Fundamentals of Spacecraft Attitude Determination and Control by Markley and Crassidis5. This 

filter estimates both attitude and gyro bias using a state vector consisting of a small angle rotation 

vector and a change in bias as seen in in Eq. (20). Note that this state represents a deviation from 

the attitude and bias of the previous step and not the attitude and bias themselves, so the state is 

initialized as zero and reset to zero after each measurement update. 

∆𝒙 = [
𝛿𝜽
∆𝜷

]                                                                (20) 

Time Update 

The EKF used by OrCa2 consists of a time update in which the state and state error covariance 

are propagated from one time step to the next using IMU gyro measurements and a measurement 

update in which magnetometer and sun sensor measurements are used to update the state estimate 

and error covariance. During the time update, the attitude estimate is propagated using the gyro 

measurements adjusted for the current bias estimate. At the current time step k, the angular rate 

estimate 𝝎̂𝑘
+ is computed by subtracting the estimated bias 𝜷̂𝑘 from the measured gyro rates 

𝝎𝑚𝑒𝑎𝑠,𝑘 as showed in Eq. (21). The bias is assumed to be zero upon initialization of the filter. 

𝝎̂𝑘
+ = 𝝎𝑚𝑒𝑎𝑠,𝑘 − 𝜷̂𝑘                                                       (21) 

The attitude quaternion estimate is propagated to the next time step using the discrete time 

propagation matrix 𝜃(𝝎̂𝑘
+) given in Eq. (22), where ∆𝑡 represents the filter sample rate. 

𝒒̂𝑘+1
− = 𝜃(𝝎̂𝑘

+)𝒒̂𝑘
+                                                         (22) 

𝜃(𝝎̂𝑘
+) = [

𝑐𝑜𝑠 (
1

2
‖𝝎̂𝑘

+‖∆𝑡) 𝐼3 − [𝜳̂𝒌
+ ×] 𝜳̂𝒌

+

−(𝜳̂𝒌
+)

𝑻
𝑐𝑜𝑠 (

1

2
‖𝝎̂𝑘

+‖∆𝑡)
]                         (23) 

𝜳̂𝒌
+ =

𝑠𝑖𝑛 (
1
2

‖𝝎̂𝑘
+‖∆𝑡) 𝝎̂𝑘

+

‖𝝎̂𝑘
+‖

 
(24) 

The error covariance of the state vector is propagated to the next time step using the discrete 

error-state transition matrix Φk defined in Eq. (25-27) and the process noise matrices 𝑄𝑘 and 𝑌𝑘 

defined in Eq. (28). The process noise depends on both the gyro measurement white noise stand-

ard deviation 𝜎𝑣 and the bias random walk parameter 𝜎𝑢, which were discussed in the IMU sec-

tion. 

Φk = [
Φ11 Φ12

03×3 𝐼3
]                                                           (25) 

Φ11 = 𝐼3 − [𝝎̂𝑘
+ ×]

𝑠𝑖𝑛(‖𝝎̂𝑘
+‖∆𝑡)

‖𝝎̂𝑘
+‖

+ [𝝎̂𝑘
+ ×]2

1 − 𝑐𝑜𝑠(‖𝝎̂𝑘
+‖∆𝑡)

‖𝝎̂𝑘
+‖

2  (26) 

Φ22 = [𝝎̂𝑘
+ ×]

1 − 𝑐𝑜𝑠(‖𝝎̂𝑘
+‖∆𝑡)

‖𝝎̂𝑘
+‖

2 − 𝐼3∆𝑡 − [𝝎̂𝑘
+ ×]2

‖𝝎̂𝑘
+‖∆𝑡 − 𝑠𝑖𝑛(‖𝝎̂𝑘

+‖∆𝑡)

‖𝝎̂𝑘
+‖

3  

 

  (27) 
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𝑄𝑘 = [
(𝜎𝑣

2∆𝑡 +
1

3
𝜎𝑢

2∆𝑡3) 𝐼3 − (
1

2
𝜎𝑢

2∆𝑡2) 𝐼3

− (
1

2
𝜎𝑢

2∆𝑡2) 𝐼3 (𝜎𝑢
2∆𝑡)𝐼3

],           𝑌𝑘 = 𝐼6                          (28) 

 

The error-state transition matrix and process noise are used to propagate covariance from time 

step k to time step k+1 as detailed in Eq. (29). 

𝑃𝑘+1
− = Φ𝑘𝑃𝑘

+Φ𝑘
𝑇 + 𝑌𝑘𝑄𝑘𝑌𝑘

𝑇                                                 (29) 

Measurement Update 

Once the state and covariance are propagated from one step to the next, the filter processes the 

magnetometer and sun sensor measurements at the new time step and computes an optimal Kal-

man gain based on the expected measurements and measurement error covariance. The gain is 

then used along with the difference between the true and expected measurements to update the 

error state vector and covariance. The new state vector is used to update both the attitude quater-

nion estimate and the gyro bias estimate. The measurement vector 𝒚𝑘 in Eq. (30) consists of both 

the magnetic field vector measurement 𝒃𝑚 from the magnetometer and the sun vector measure-

ment 𝒃𝑠from the sun sensor. Both measurements are smoothed within the filter algorithm using a 

10-measurement moving average to reduce the impact of noise and improve estimation perfor-

mance. 

𝒚𝑘 = [
𝒃𝑚

𝒃𝑠
]                                                                (30) 

The expected magnetic field and sun vector measurements are computed by rotating the 

known inertial magnetic field vector 𝒓𝑚,𝐼 and inertial sun pointing vector 𝒓𝑠,𝐼 into the body 

frame. The inertial magnetic field vector is determined using the International Geomagnetic Ref-

erence Field (IGRF) model, which is implemented in the flight software6. The inertial sun point-

ing vector is computed by subtracting the current inertial spacecraft position from the current in-

ertial sun position 𝒑𝑠,𝐼, which is pulled from an ephemeris stored onboard the flight computer, 

using Eq. (31). Note that both inertial vectors require the position of OrCa2 to compute. This reli-

ance on position data for attitude estimation makes consistent GPS positioning important for 

ADCS mission objectives. 

𝒓𝑠,𝐼 = (𝒑𝑠,𝐼 − 𝒓𝐼) ‖𝒑𝑠,𝐼 − 𝒓𝐼‖⁄                                                  (31) 

 The current vector of expected measurements 𝒉𝑘(𝒙̂𝑘
−) in Eq. (32) is constructed by rotating 

the inertial measurement vectors into the body frame using a rotation matrix 𝐴(𝒒̂𝑘
−) derived from 

the most recent attitude quaternion estimate. Eq. (33) shows how this rotation matrix is derived 

from the estimated attitude quaternion elements. 

𝒉𝑘(𝒙̂𝑘
−) = [

𝐴(𝒒̂𝑘
−)𝒓𝑚,𝐼

𝐴(𝒒̂𝑘
−)𝒓𝑠,𝐼

]                                                       (32) 

𝐴(𝒒̂𝑘
−) = [

𝑞1
2 − 𝑞2

2 − 𝑞3
2 + 𝑞4

2 2(𝑞1𝑞2 + 𝑞3𝑞4) 2(𝑞1𝑞3 − 𝑞2𝑞4)

2(𝑞2𝑞1 − 𝑞3𝑞4) −𝑞1
2 + 𝑞2

2 − 𝑞3
2 + 𝑞4

2 2(𝑞2𝑞3 + 𝑞1𝑞4)

2(𝑞3𝑞1 + 𝑞2𝑞4) 2(𝑞3𝑞2 − 𝑞1𝑞4) −𝑞1
2 − 𝑞2

2 + 𝑞3
2 + 𝑞4

2

]            (33) 

The measurement sensitivity matrix relates the measurements to the state vector. Magnetome-

ter and sun sensor measurements are related to the attitude but are independent of the gyro bias, 

which is why the right half of the sensitivity matrix in Eq. (34) is zero. 
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𝐻𝑘(𝒙̂𝑘
−) = [

[𝐴(𝒒̂𝑘
−)𝒓𝑚,𝐼 ×]  03×3

[𝐴(𝒒̂𝑘
−)𝒓𝑠,𝐼 ×]    03×3

]                                              (34) 

Computing the Kalman gain also requires the measurement error covariance matrix in Eq. 

(35). This matrix is time invariant and depends only upon the standard deviation of magnetometer 

and sun vector errors, which are given by 𝜎𝑚 and 𝜎𝑠, respectively. If the sun is not visible to the 

sun sensor, the invalid sun vector measurement can be effectively ignored by the filter by setting 

𝜎𝑠 to an extremely large number. Given all of the required components, the Kalman 𝐾𝑘 gain is 

computed using Eq. (36). 

𝑅𝑘 = [
𝜎𝑚

2 𝐼3     03×3

    03×3 𝜎𝑠
2𝐼3

]                                                     (35) 

𝐾𝑘 = 𝑃𝑘
−𝐻𝑘

𝑇(𝒙̂𝑘
−)[𝐻𝑘(𝒙̂𝑘

−)𝑃𝑘
−𝐻𝑘

𝑇(𝒙̂𝑘
−) + 𝑅𝑘]

−1
                                (36) 

The measurement update to the state vector uses both the Kalman gain and the difference be-

tween observed and expected measurements as detailed in Eq. (37). The state error covariance 𝑃𝑘 

is updated according to Eq. (38). 

∆𝒙̂𝑘
+ = [

𝛿𝜽̂𝒌
+

∆𝜷̂𝒌
+] = 𝐾𝑘[𝒚𝑘 − 𝒉𝑘(𝒙̂𝑘

−)]                                           (37) 

𝑃𝑘
+ = [𝐼3 − 𝐾𝑘𝐻𝑘(𝒙̂𝑘

−)]𝑃𝑘
−                                                (38) 

Attitude and Bias Estimate Update 

Because the state vector consists of only a deviation from the attitude and gyro bias and not 

these quantities themselves, an extra step is required to update the attitude quaternion and bias 

vector estimates. Using the rotation vector portion 𝛿𝜽̂𝒌
+ of the error state ∆𝒙̂𝑘

+ taken from the 

measurement update output, the attitude quaternion estimate 𝒒̂𝑘 is updated using Eq. (39-41). Be-

cause Eq. (39) is an additive update, Eq. (41) is needed to conform to the restraint that an attitude 

quaternion must have unity magnitude. The error introduced by this normalization is minimal so 

long as the rotation vector consists of small angles. 

𝒒𝑘
∗ = 𝒒̂𝑘

− +
𝟏

𝟐
𝜩(𝒒̂𝑘

−)𝛿𝜽̂𝒌
+                                                    (39) 

𝜩(𝒒̂𝑘
−) = [

𝑞4 −𝑞3 𝑞2

𝑞3 𝑞4 −𝑞1
−𝑞2

−𝑞1

𝑞1

−𝑞2

𝑞4

−𝑞3

]                                               (40) 

𝒒̂𝑘
+ =

𝒒𝑘
∗

‖𝒒𝑘
∗ ‖

 

 

(41) 

The gyro bias estimate is updated by adding the estimate for the change in bias ∆𝜷̂𝒌
+ from the 

measurement update output to the bias estimate from the previous step using Eq. (42). The bias 

estimate is initialized as zero before running the filter. 

𝜷̂𝒌
+ = 𝜷̂𝒌

− + ∆𝜷̂𝒌
+                                                          (42) 

After the attitude and bias estimates have been updated using the state deviation vector, it is 

reset to zero to reflect that the current attitude and bias estimates represent the new nominal tra-

jectory. The attitude and bias are repeatedly updated as new sensor measurements are processed. 



 13 

TESTS 

Testing of the OrCa2 ADCS algorithms was performed on the engineering unit using the air 

bearing and Helmholtz cage setup in the ESM G6 lab on Georgia Tech campus. 

Detumble 

To test the detumble control algorithm, the engineering unit was placed on the air bearing and 

given an initial spin. Angular rates were measured during the test using the IMU, and detumble 

controller outputs were recorded. The air bearing and the Helmholtz cage were designed for 

smaller CubeSats, and perfectly balancing the engineering unit on the air bearing proved difficult. 

The engineering unit was extremely sensitive to minute changes in the test stand center of mass, 

which caused the unit to oscillate about the vertical axis when left still.  

To adjust for this perturbation and the deceleration effects of friction and drag on the engineer-

ing unit, two separate tests were performed. In the first test, the detumble controller was turned 

on. In the second (control) test, the engineering unit was left to spin uncontrolled. An estimate of 

effective detumble controller acceleration was determined by comparing the detumble test to the 

control test. In order to ensure the validity of the comparison between these tests, it was necessary 

to perform both tests on the same day with the same balance offset on the air bearing. 

 

Figure 6. Detumble Test 3-Axis Angular Rates. 

Figure 6 shows an example of the both the raw angular rate measurements and the filtered 10-

measurement moving average rates during a detumble test. The engineering unit oscillated mainly 

about the x-axis, which is the air bearing axis of rotation, but smaller oscillations were also pre-

sent in the other axes. This test shows the utility of filtering the angular rate measurements, espe-

cially at low spin rates, to minimize extra controller actuation due to measurement noise. The pe-

riodic character of the angular rates is caused by the engineering unit mass imbalance on the test 

stand. 
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Figure 7. Detumble Test Angular Rate Comparison. 

 

Figure 7 compares the filtered angular rates about the x-axis between the detumble and control 

tests starting from the same initial angular rate. It is evident that the detumble controller achieves 

a higher rate of angular deceleration than is present in the control test. Smoothing the rates to re-

move the periodic oscillation and comparing the two final angular rates yields a detumble control-

ler differential angular acceleration 𝜔̇𝑑𝑒𝑡𝑢𝑚𝑏𝑙𝑒 of approximately 0.0018935 deg/s using Eq. (43). 

𝜔̇𝑑𝑒𝑡𝑢𝑚𝑏𝑙𝑒 =
𝜔𝑥,𝑑𝑒𝑡𝑢𝑚𝑏𝑙𝑒

𝑓𝑖𝑛𝑎𝑙
− 𝜔𝑥,𝑐𝑜𝑛𝑡𝑟𝑜𝑙

𝑓𝑖𝑛𝑎𝑙

𝑡𝑡𝑒𝑠𝑡
 

 

(43) 

Assuming that this detumble controller acceleration is roughly constant, a random tumble of 

10 deg/s could be eliminated in approximately 88 minutes of controller actuation. Because OrCa2 

will have a geostationary transfer orbit (GTO) and spend most of this orbit outside the useful 

range of the Earth’s magnetic field, a full detumble from this initial angular rate would likely re-

quire multiple orbits to complete. 
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Figure 8. Detumble Controller Commanded Dipole Moments and Duty Cycles. 

Figure 8 plots the magnetic dipole moments and corresponding duty cycles commanded to 

each air coil by the detumble controller during the test. These quantities are directly proportional 

because the duty cycle corresponds to the current supply given to each coil. The duty cycles dur-

ing this test had a mean magnitude 𝐷̅ of 30.01% and did not approach the maximum of 100 even 

at a spin rate of about 17 deg/s, which is likely higher than any rate OrCa2 will experience on 

orbit. To maximize magnetorquer actuation at tumble rates greater than a few degrees per second, 

the controller gain was multiplied by 30 compared to the gain used in the test described above. 

This gain increase will result in a higher rate of deceleration from the detumble controller. 

 
Figure 9. OrCa2 Magnetic Field and Detumble Simulation 
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Figure 9 shows the profile of the magnetic field magnitude for OrCa2 over multiple orbits 

based on the IGRF model. The magnetic field magnitudes are significant for a brief window dur-

ing each orbit due to the GTO shape, and they never approach the higher average magnetic field 

𝑏𝑡𝑒𝑠𝑡 produced during the lab detumble test using the Helmholtz cage, which had a magnitude of 

77.2 μT. The second half of Figure 9 shows the simulated angular rate 𝜔 of OrCa2 during de-

tumble over time assuming conservatively that the duty cycle does not exceed 75%. Eq. (44) 

shows how the estimated detumble acceleration from the lab test was scaled to match conditions 

on orbit. 

𝜔̇ =
‖𝑏‖

‖𝑏𝑡𝑒𝑠𝑡‖

75%

𝐷̅
𝜔̇𝑑𝑒𝑡𝑢𝑚𝑏𝑙𝑒 

 

(44) 

This analysis assumes that the moment of inertia about the random tumbling axis matches the 

moment of inertia of the engineering unit and test stand about the vertical axis during air bearing 

testing, but the extra weight added by the test stand makes this a reasonable assumption. The in-

tegration of expected angular accelerations from the detumble controller shows that OrCa2 is 

predicted to be able to fully detumble from a 10 deg/s initial angular rate within two orbits. 

Kalman Filter and Pointing Controller 

The EKF and sun/beacon pointing controller were tested using a halogen lamp in the lab to 

simulate the sun. For the purposes of testing, the inertial sun position was set equal to the body-

frame sun vector measurement from the sun sensor when the sun sensor face of the engineering 

unit pointed directly towards the lamp. This arrangement corresponds toa unity attitude quaterni-

on (𝒒1:3 = 03×1, 𝑞4 = 1) when the sun sensor points towards the lamp. 

 

Figure 10. Engineering Unit Air Bearing Setup. 

The lab setup for Kalman filter and pointing control testing is showed in Figure 10. The engi-

neering unit was rotated to a small offset angle about the negative vertical (x) axis and then left to 

rotate with the sun pointing controller turned on. The magnetorquers were unable to overcome the 

disturbance torque of the engineering unit center of gravity offset, but the EKF outputs and con-
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troller commands show that the pointing controller produced torques in the correct direction to 

achieve sun pointing.  

 

 

Figure 11. EKF Attitude Quaternion Element Estimates. 

The EKF attitude quaternion estimates from a sun pointing test are plotted in Figure 11. The 

EKF correctly determined that the engineering unit began at an attitude rotated about the negative 

x-axis relative to the reference sun-pointing position and then rotated in the positive x direction 

past the sun direction. Because the magnetorquers were weaker than the disturbance torque, the 

engineering unit continued to rotate until the lamp was outside of the 60-degree sun sensor field 

of view. This point corresponds to the sudden deviation in quaternion estimates around the 1 mi-

nute and 30 second mark.  

The engineering unit continued rotating then slowed down and changed directions due to the 

center of gravity offset while the sun sensor faced away from the lamp. It rotated back towards 

the lamp about the negative x-axis, and the sun sensor began to read valid sun vector directions 

again approximately 5 minutes and 40 seconds into the test. The engineering unit rotated until it 

passed the sun pointing direction by a small offset then changed directions again due to the center 

of gravity offset, rotating back in the positive x-axis direction for the remainder of the test. After 

a 60-degree offset the sun sensor lost contact with the lamp for a second time, causing a second 

sudden deviation in EKF quaternion estimates. The EKF outputs from this test show that the filter 

attitude estimates match expectations when the sun is visible to the sun sensor but deviate signifi-

cantly when the sun is outside the sensor field of view. 
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Figure 12. Sun Sensor Measurement Vector Components.  

Figure 12, which plots the components of the sun vector measurements during the same test, 

explains the inability of the EKF to accurately track the engineering unit attitude while pointed 

away from the lamp. When the lamp is outside the sun sensor field of view the sun vector oscil-

lates wildly, feeding incorrect measurements into the EKF measurement model.  

The solution to this problem is to ignore the sun sensor measurements when OrCa2 is not sun 

pointing by setting the measurement error covariance to an arbitrarily high number as discussed 

in the EKF section. This allows the EKF to estimate attitude based only on the magnetometer 

measurements, which do not depend on sun pointing. Because the magnetic field weakens at 

higher orbital altitudes, consistent sun pointing is desirable to maintain accurate attitude estima-

tion. However, this test also shows that even after a loss of attitude knowledge the EKF can 

quickly redetermine the correct spacecraft attitude once OrCa2 returns to an orientation where the 

sun sensor face is within 60 degrees of perfect sun pointing. 
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Figure 13. Commanded Controller Torques During Sun/Beacon Pointing Test. 

As mentioned above, the imbalance of the test stand created a disturbance torque stronger than 

the magnetorquers could produce. However, Figure 13 shows that the commanded torques during 

the pointing test were in the correct direction to achieve sun pointing in the absence of large dis-

turbances. At the start of the test when the engineering unit was rotated about the negative x-axis 

relative to the sun, the controller commanded a torque primarily about the positive x-axis. This 

commanded torque decreased as the engineering unit approached the sun pointing direction and 

changed directions when it rotated past the sun. The commanded torques were also in the correct 

direction to achieve sun pointing during the second pass when the sun was visible. The relation-

ship between control torque and magnetic dipoles given by Eq. (17) applies to both the detumble 

and the sun/beacon pointing controller, so it is reasonable to assume that the same acceleration 

adjusted for disturbance torques computed from the detumble test can be achieved by either con-

troller in the absence of large disturbances. 

CONCLUSION 

This report summarizes both the hardware and control algorithms utilized by the OrCa2 

ADCS and describes the lab tests conducted to test these components. Coordination between sen-

sors was successfully implemented to achieve accurate attitude estimation in the lab setting. The 

custom air coil magnetorquers built by the ADCS team were verified to produce torque sufficient 

to detumble the OrCa2 spacecraft from initial deployment spin within approximately two full or-

bits. A pointing control scheme was implemented to maintain constant sun pointing and nearly 

constant downlink antenna beacon pointing throughout the OrCa2 mission timeline to facilitate 

both maximum system battery charging and maximum beacon time. Flight data retrieved during 
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the mission will be used by the team to verify the correct functioning of both the attitude estima-

tion and control algorithms after launch. 
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